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KOTES ON  TEE THEORETICAL CHARACTERISTICS OF 

170-DIMENSIONAL SUPERSONIC AIRFOILS 

By H» Reese  Ivey 

SUMMARY 

The   shook-expansion method  of NACA TN No»   11U3    was used 
to determine  the rrincinal aerodynamic  characteristics  of 
two-dimensional  supersonic airfoils.     A discussion is  given 
of the  effect of thickness ratio,   free-stream Rlach number, 
angle  of attack,   camber,   thickness distribution,   and ttileron 
deflection.     The calculations  indicates that thy minimum 
drag of  supersonic airfoils  is obtained when the maximum 
thickness is behind the  0.50  chord.     The  center  of pressure 
obtained for  a symmetrical  supersonic airfoil was found to 
be ahead of the  0.50 ohord. 

INTRODUCTION 

The  characteristics  of thin airfoils moving at  supersonic 
speeds ars  determined in reference   1 by Ackeret*s thin-airfoil 
theory.     In this method,   the   local  static oressure  is assumed 
to vary  linearly with the angle  between the  free-stream 
direction and th&  local airfoil  surface.     This assumption 
precludes any effect of ctupber  on  lift and  locates the  center 
of pressure  of an uncambered airfoil at the nidchord. 

The relations for flow across  shock waves are presented 
in reference  2.     Reference 3   combines  these  shock equations 
with Beyer's exoansion equations (see reference I4.)   and presents 
a graphical way of calculating a second-order approximation 
to the  oharacteristics  of thin sbarp-nose airfoils at  super- 
sonic  speeds.     The present paper uses the  shock—sxoansion 
method of reference 3  to determine  some   interesting effects 
of thickness ratio,   free-stream Mach number,   angle  of attack, 
camber,   thickness distribution,   and aileron deflection. 
Swept-back wings are not  considered herein as they are  of 
sufficient  interest to justify a  separate report. 
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SYMBOLS 

M Manh number 

p static pressure 

q dynamic Dressure 

a angle  of attack  of airfoil 

c section lift coefficient 

c section drag coefficient 

c coefficient of section pitching moment about airfoil 
•5o raidohord 

t airfoil thickness 

c airfoil  obord 

o aileron  chord a 

5 aileron  deflection 

Subscripts: 

0 free stream 

1 uooer leading surface 

2 upper trailing surface 

3 lower leading surface 

br lower trailing surface 

war maximum 

DISCUSSION 

Airfoils experience an increased oressurf; drast at high 
Mach numbers. This drag inorease can be minimized by the use 
of thin airfoils with 6harp leading edge;s.  For this reason, 
and also because theoretical calculations are more accurate 
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for this type of airfoil, the wing sections considered herein 
are limited to fairly thin, sharp-nose airfoils having little 
surface  curvature. 

Center  of pressure.- Reference 3  has given the  pressure 
distribution at    tf   = A4,    the diamond-shape  (symmetric double- 
wedge)  airfoil  shown  in figure-   1.     The  Dressure  coefficients 
around this airfoil are  given in,  table  I,  as follows: 

TABLE I.-  FRESSUTE COEFFICIENTS 

Location of  surface 
(see  fig.   1) 

Pressure  coefficient, 
P-Po 

1o 

Upper  leading 
Lower  leading 
Upper trailing 
Lower  trailing 

-O.OI69 
.02+16 

-.0308 
.0186 

A study of this  table  brings out many interesting points 
on the  characteristics  of  supersonic airfoils.     The  lift of 
the airfoil is proportional to the difference  in the pressure 
coefficients on the upper  and  lower  surfaces  of the  airfoil. 
For the  leading half of the airfoil  of figure   1,   this difference 
is 

0.CI4I6 + 0.0169 = 0.G585 

For the  trailing half of the airfoil the difference  is 

0.0308 + 0.0188 = O.Cl+96 

The  significant result to be  noted is that the  front cf the 
airfoil  is  carrying more  than half the  lift and the  center 
of pressure  is found to be at the lj.6-percent-chord position. 
As the   supersonic Mach number  is decreased  toward     1.0,   the 
center  of pressure  of thin diamond-shape airfoils approaches 
the 5C-parcent-chord position.     As the   supersonic Mach number 
is increased,   the  center  of pressure  of thicker airfoils moves 
forward.     Firurf? 2 shows the variation of the  center  of pressure 
of a 5-p©rcent-thick diamond-shape airfoil with angle  of attack 
and Mach number.     The actual  shift in center  of pressure  depends 
on the airfoil  shape.     For example,   a wedge airfoil having its 
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maximum thickness at the trailing edge v;ill have its center of 
pressure at midchord at all supersonic speeds provided that the 
angle of attack is not sufficient to cause the shock wave to 
separate from the leading edge. 

Drag coefficient.-- In order to determine the actual 
variation of drag, some allowance must be made for the viscous 
skin friction.  Theoretioal work (reference 2) suggests that tho 
viscous drag coefficient decreases vith increasing Reynolds 
number at supersonic speeds.  However, reference 5 shows that the 
viscous dr-'g coefficient is almost unaffected by changes in Mach 
number or Reynolds number if the Reynold« number is, very high. 
For this reason the skin-friction drag coefficient based on wing 
area is considered herein to be constant at 0.0060, which is 
approximately the value obtained for recent highly polished 
jet-propelled fightersj however, the results are plotted in 
such a way that the reader oan easily adjust the curves to 
corrrsoend with the conditions in which he is interested.  If 
new information indicates that the variation of friction with 
Mach number is aporeciable, the curves may be raised or lowered 
by the amount of the variation» 

Figure 3 ßhows the- variation of the drag coefficient of 
diamond-shape airfoils with thickness^ratio and free-stream 
Mach number.  Tho eraoh shows that the drag coefficients are 
very high near a Jtach number of 1.0 and the main part of 
the drag then is pressure drag. At hijhMach numbers the shock 
drag has decreased in importance relative to skin friction. 
It is seen that the Aokeret method (reference 1) gives almost 
the same trends as the shook-expansion method exceot that it 
shows a less rapid variation of drag «1th thickness at high 
Ttooh numbers than the uresent shock-expansion method.  Ackeret's 
method predicts lower oressure increases"on the leading portion 
of the airfoil and higher pressure decreases on the trailing 
portion than the method of combining the1shock and expansion 
relations. 

The effect of the location of the ; Äximum thickness on 
the drag coefficient for a 5~P®rcent-thick airfoil is shown 
in figure U*     This figure indicates that the optimum location 
of maximum thickness is close to the midchord position for 
fairly low supersonic speeds.  At Mach numbers of 8 and above, 
however, the optimum location seems to be near the trailing 
edge.  This condition is very different from that predicted by 
Ackeretrs method where, by the nature of .his assumptions, the 
pressure distribution is symmetrical.  In connection with airfoils 
designed for an angle of attack other than aero it must be kept 
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in mind that the  optimum location of thickness  on the upoer and 
lower  surfaces will he different. 

Figure 5  shews the  effect of  location of maximum thickness on 
the drag of IQ-percent-thick airfoils.     These airfoils  show an even 
greater variation fron Ackeret's prediction than the 5~Pe**oent- 
thiok airfoils.     This  figure  indicates that the  optimum position 
for maximum thickness at a Mach number  of 8 is at the trailing ~ 
edge.     Actually,   the  flow at the  trailing edge will break down 
for this  condition and  form a  turbulent wake  of somewhat higher 
pressure  than that calculated.     This breakdown of the  theory for 
the airfoils vlth blunt trailing edges  should make  the  experimental 
drag less than the  theoretical drag for this extreme condition. 

Lift coefficient.-  In  figure 6 the  slope  of the  lift curve  is 
plotted as a function of  free-stream Kach number  for  three different 
airfoil thicknesses.     At a ifach number  slightly above  1  th*   slope' of 
the   lift curve   is  aprroximatuly equal to  thf   eubr>onio   slope.     The 
slope  of the  lift  curvu drops ranidly,  hor-cver,   with increasing Kach 
number.     The  trend of the  curv*  is  similar to  the drag curve?  of 
figure 3  except that the drag curve was displaced upward a oonstant 
amount by the  skin friction.     The thickness ratio  of the airfoil 
seems  to have   little  effect on the  slope  of the   lift curve except 
at high supersonic Maoh numbers  (above h)•     The  thick  sections 
then have the highest slope.     As might be expected,   the  calculation 
obtained by the   shock-exoansion method  for airfoils of zero thick- 
ness  give results  identical with those  given by Ackeret's method. 

Lift-drag ratio.- The effect of angle  of attack and Mach 
number on the  characteristics of a 5-percent-thick double-wedge 
airfoil  is  ehovm in figure 7.     This  figure  shows  that the   lift 
coefficient  increases almost linearly with angl«*  of attack,   and 
the drap. coefficient  increases with angle  of attack in a marner 
similar  to the variation  of total drag coefficient  for a complete 
subsonic wing« 

The maximum lift-drag ratio    °j/cd    a't a Mach number  of 2 is 
approximately 6.92 at    c,   — 0,16 and    a = UP.    At a Mach number  of I4. 
the maximum ratio is 5.52 at    o,  = O.09i4-    and       a = 5°»     The iraximum 
lift-drag ratio decreases with increasing Mach number,   and the   lift 
coefficient for maximum lift-drag ratio also decreases with in- 
creasing l!ach number.     These  trends are  somewhat different from 
those   of reference   1 in which skin friction was neglected.     In that 
case  the maximum  lift-drag ratio was independent  of tfach number. 
Bussmann in reference  6 calculates the Mach number at which the 
lift-drag ratio is maximum for  certain airfoil thicknessos. 

Camber.- Table  I has  shown that the   leading portion of an 
airfoil tends to carry more than its share of the lift and,  hence, 
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it can be expected that camber, which decreases the angle of attack 
of bhis important part of the airfoil, will decrease the lift.  In 
figure 8, calculations show that the addition of 1.25 percent camber 
changes the characteristics given in figure 7 for 1'ach number ij.» 
The addition öf camber increases the drasr coefficient at zero angle 
of attack but decreases the drag coefficient At. high angle of attaok. 
The ancle of zero lift is shifted slightly but the slope of the lift 
curve remains essentially the same.  It is significant that the 
shift obtained as a result of camber at suocrsonic sneeds is opposite 
in direction to the shift obtained at subsonic speeds.  This result 
indicates that a cambered wing will experience a change in the angle 
for zero lift in accelerating through the speed of sound.  The 
addition of camber decreases the. lift-drag ratio r-t low angles of 
attaok and increases it at high angles ?cf attack. 

A comparison of the angle of attaok for zero lift as calculated 
by the Ackeret method (reference 1), as calculated by the shock- 
cxo&nsion method of reference 3» and &ä determined experimentally 
by reference 7 is presented in table II.  Thus, 

TABLE II.- ANGLE OF ATTACK K& ZERO LIFT AT L'ACJl NUMBER 2.13 

Airfoil shape 

Angle of zero lift, deg 

7° 

iß °  10' 

i*°10' 

Ackeret 
theory 

'reference 1) 

G.Ü.* 

G-.U.l; 

G.U.5 

Shook- I 
expansion     i 
method !   Experimental 

(reference J)  i (reference 7) 

1.68 

.i*U 

.28 

f 

1.8Q 

• 45 

.26 



NACA TN Wo.   1179 

The  shock-expansion method (reference 3)   shows better  agree- 
ment with experiment than  bhe Ackeret method as far as the effect 
of cäEit-ir  is  concerned.     Theoretically,   a  slight error might be   
exr-ected for   bhe  G.U.3  airfoil because  of the  interferonoo  of 
shock and  exnansion waves due to the  continuous  surface  curvature; 
howp-n-erj   the. error  seems to b-?  of very low magnitude. 

In   connection  with   table   II   it   might   be  well   to 
point   out   that   higher   order   terms   have   been  developed 
by  other  authors  which,   when  added  to   the  Ackeret 
theory,   predict   some   effect   of   camber   on  lift» 

Ailerons.-  In  order  to dsmor.etrate the effect of *il-rons  on 
supersonic  airfoils,   results are giv^n  in figure 9 to show the 
aileron effectiveness factor  for" a 5~Perce-^t-thick diamond-shape 
airfoil at a Vach number  of h us a function of the ratio of aileron 
chord  to airfoil chord.     For  comparison,   a curve  for  the  same 
airfoil  is  given for  the   subsonic  (incompressible-flow)   condition 
(Y — 0)     ,   as well as one   obtained by Ackeret's method.     The 

do 7 /i6 
aileron effectiveness factors    —-L    are  shown to be much 

dol/ty 
lower at  suoorsonic  speeds than at speeds where  there; are no 
compressibility effects.     These values are  also  slightly  lower  than 
those  obtained by the  Ackeret method.     For  instance,   a 20-percent- 
chord aileron at I'ach number I4. has a-proxiiaately the  same  effective- 
mess  factor  as a  1-percent-chord aileron at low subsonic  speeds. 
This result indicates  that the  helix tingle  of an airplane  in 
rolling will probably be much less at  supersonic  speeds  than the 
helix angle  described by airplanes at low  subsonic  speeds.     At 
these   speeds   tht   aileron influences  the wing ahead of it,   but at 
sunersonic  speeds the  aileron alone is affected.     In.fact,   the 
wir-.g at supersonic  speeds  leaves  the aileron in low-density air,   and 
thus the effectiveness  is decreased to values  lower than might 
otherwise be  expected.     The actual effectiveness varies for 
different" airfoil shapes a.od thickness ratios.     Figure-   10 gives 
a curve  of the variation of  section  lift coefficient due  to aileron 
deflection and figure  11 gives the  slope of this  curve;  a  slight 
increase  in aileron effectiveness with increasing deflection is 
indicated. 

The   section pitching-iacmont coefficient «.bout the midchord 
cm as a function of aileron deflection    6     is.shown in figure   12. 

In  figure   13  the  slope  of this  curve    dcm       /d6    is clotted against 
• 5c/ 

aileron deflection and shows  an increased rate  of  change  of pitching- 
ir.oment coefficient with increasing aileron deflection-,     The 
pitching-moment coefficient about the midchord is plotted  in figure  ÜJ 
as a function or angle  of attack for constant aileron deflection. 
The absolute value  of  the  Ditching-moment coefficient is  shown  to 
decrease with increasing angle  of attack for a downward  aileron 
defleotion  of 10° at    V - iu 
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CONCLUSIONS 

Calculations made by the  shock-expansion method to determine 
the aerodynamic  characteristics  of  supersonic airfoils  Indicated 
the  following conclusions: 

1*  Unoambered double-wedge  airfoils having the- maximum thick- 
ness at midchord will have  thoir  centers  of pressure  ahead  of 
the-50-percent chord at high supersonic;  speeds,   but this  center 
of pressure will aoproach midchord as the Mach number  is  lowered 
toward  1.0.     Airfoils having their maximum thiokness near the 
trailing edge will have the  center  of pressure near the midchord 
at all supersonic speed« provided the engle of attack is not 
sufficient to oause  the  shock wave to  separate from the   leading edge. 

2.   The  pressure-drag coefficient and the  lift ooefficient  for 
the  same  angle  of attack decrease in a  similar manner with increasing 
Nach number,   and  thus their  ratio is essentially constant with Maoh 
number«     The addition of a constant  skin-friction drag coefficient 
results in a decrease  in the   lift-drag ratio with increasing 
Mach number» 

3»     The  optimum location of maximum thickness for  a  given 
+hickness ratio to give minimum drag depends  on airfoil  shape and 
free-stream frach number.     For  double-wedge airfoils the  optimum 
position of maximum thickness  is near   bhe  trailing edge at very 
high Mach numbers;  however,   the  optimum position approaches the 
midchord as  the  speed is decreased toward a Maoh number  of 1.0. 

h>     The aileron effectiveness factor  is  lower when estimated by 
the  shock-expansion method  than when estimated by the Ackeret method. 

5»     A comparison of theoretical and experimental  values  of the 
angle  of zero  lift  suggest«"that the present method  of calculation 
is a  considerably closer  approximation than Ackeret's method. 

Langley Memorial Aeronautical Laboratory 
National Advisory Committee  for Aeronautics 

Langley Field,   Va.,   July 18,   I9J4.6 
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Figure 13,- Effect of aileron deflection on elope of airfoil pitching- 
monent-ooeffioient curve for 20 percent chord aileron at UQ S U* 
tjnay at aidchord, 5 percent; canber, 0} oc  » 0°. 
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